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Adaptive Attitude Control for Long-Life Space Vehicles

ArrHUR R. TAYLOR*
General Electric Company, Binghamton, N. Y.

An attitude control system using reaction jet actuators is optimally efficient and reliable
when fuel consumption is minimized and the total number of thruster firings for a given mis-
sion is minimized. Fixed gain rate compensated systems provide optimal performance for a
single condition of bias aceeleration disturbance and cannot operate effectively when unpre-
dictable plant changes occur. A control law for a single-axis adaptive attitude control system
is developed assuming that a constant bias acceleration disturbance is acting on the vehicle
between thruster operations. Computation of the controlled variable, thruster on time, re-
quires measurement of elapsed time between vehicle crossings of attitude thresholds. Con-
troller gain is recomputed after each operation. The control system has three modes: adap-
tive, return, and backup, with the latter two modes being designed so that convergence to
adaptive mode operation always occurs. System simulation shows that optimal performance
is achieved over a wide range of bias acceleration disturbances and that optimal performance
can be maintained despite plant gain changes.

Nomenclature

I, = vehicle moment of inertia, slug-ft2

tetiste = measured times between threshold erossings, sec

Lon = thruster “on’’ time, sec

T = thruster torque, ft-lb

a = control acceleration, rad/sec?

] = general attitude from reference, radians

fp = controller attitude constant, radians

0u = attitude threshold defining controller deadband, ra-
dians

6c = geparation between attitude thresholds, radians

o = angular rate, rad/sec

g = angular acceleration due to disturbance torque,
rad/sec?

w1 = angular rate preceeding control pulse, rad/sec

ws = angular rate following control pulse, rad /sec

Introduction

SATELLITE attitude controller is a system designed to

maintain the angular position of a space vehicle with re-
spect to a fixed reference. It must compensate for angular
disturbance torques which are present due to solar radiation
pressure, magnetic fields, aerodynamie pressure, internal mass
shifts, and gravity gradients.

The single-axis system considered herein maintains vehicle
attitude by operating reaction jets to apply a constant correc-
tion torque about the controlled vehicle axis when in the
“on’” state. The energy applied in each thruster actuation is
controlled by precisely adjusting the thruster on time, tn.
The design objectives are to minimize fuel consumption and
the number of thruster operations.

The system is to utilize attitude error information and pro-
vide a control torque to the vehicle when the attitude error
signal exceeds the specified accuracy limitation of the system.
The controller deadband, or region in which no control action
is taken, is twice the system’s accuracy limitation, assuming
the accuracy limits are symmetrical about the desired attitude.

Presented as Paper 69-945 at the ATAA Aerospace Computer
Systems Conference, Los Angeles, Calif., September 8-10,
1969; submitted August 29, 1969; revision received February 19,
1970. In later work, under Contract NAS5-10423 to NASA, a
3-axis adaptive control computer was built to mechanize the
system control law and operate with an analog computer in a
closed loop.t
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A block diagram of a lead-lag compensated system appears
in Fig. 1. Rate information is provided by differentiating the
attitude error signal. A pseudo-rate compensated system
appears in Fig. 2. Rate information here is provided by in-
tegrating the nominal control acceleration, which is applied to
the vehicle by the thrusters.? These fixed gain systems can-
not correct for degradation of thruster torque level, which
may oceur suddenly or gradually, or slow changes in vehicle
moment of inertia due to changes in vehicle size or configura-
tion, as for example, when a large antenna array is deployed.
Effective operation in the presence of such changes requires
some capability to adapt the controller gain. Moreover,
these systems provide optimum performanee, in terms of fuel
efficiency and thruster firing frequency, for only one fixed
condition of disturbance torque, whereas in long-life missions
the environment may vary over a wide but predictable range.

The performance of both of these systems is illustrated in
Figs. 3 and 4 for very low and very high disturbance torques.
The trajectory of the vehicle is shown in attitude-time space
with the controller deadband represented by the parallel lines.
Each thruster actuation is shown, as the controller dead-
band is reached, with an arrow indicating the direction of the
applied control torque which is much greater than the dis-
turbance torque, so t.» is small in comparison with the time
within the controller deadband. In Fig. 3 the minimum con-
trol acceleration is imparted to the vehicle with each actuation,
resulting in return pulses being successively fired at alternate
sides of the controller deadband. Fuel is wasted, and the
thruster firing frequency is high. In contrast, the desired
vehicle trajectory for this disturbance is shown by the dotted
line. In Fig. 4 the thruster firing frequency is higher than
that for the optimum response, shown by the dotted line. For
efficient performance over a wide range of disturbance torques,
a technique is required which optimizes each thruster firing
such that the time within the controller deadband is maxi-
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Fig. 1 Fixed gain lead-lag compensated system.
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Fig. 2 Fixed gain pseudo-rate compensated system.

mized. An adaptive capability is also needed to compensate
for plant variations.

The adaptive control system described herein uses a mea-
surement of bias acceleration (angular acceleration due to
disturbance torque) in computations which determine £,,, and
also recomputes the controller gain after each actuation.
An alternate system computation is used when the controller
deadband is erossed and a return pulse is required. This
computation uses rate information and is required to ensure
stability and to maintain vehicle operation within the control
deadband under some conditions. A backup system is re-
quired for start-up or acquisition capability and to provide
convergence to the optimal controller under all conditions.

Derivation of Control Laws
The Adaptive Mode

The controller under consideration is designed to provide
optimum performance assuming that a constant bias ac-
celeration acts upon the vehicle. This assumption is justified
because for most mission conditions the bias acceleration dis-
turbance changes very little during the time between thruster
actuations.

To achieve optimal performance it is necessary to control
the energy released in the control pulse such that the depth of
the resulting parabolic trajectory extends to an attitude very
near, but not reaching, the opposite side of the attitude dead-
band. Crossing the attitude deadband completely requires a
return pulse in the same direction as the bias acceleration with
a resulting loss of fuel efficiency. The change in vehicle
angular momentum which occurs during the thrust pulse is de-
scribed by T-ton = I,- A8 or ton, = A/, where a = T/I, is
the control acceleration, or the plant constant, and assuming
that & > 8. Under these conditions the control variable is

ton = (Jon| + |ws)/ex @

For an analytical determination of ¢,., wi must be measured
and w, must be identified. To identify ws let us consider the
equation of motion describing the optimum trajectory.

6(t) = 6o + 6t — 6t2/2 2)
Differentiating Eq. (1) twice with respect to ¢
dé/dt = — (3)
or
d6/de-dg/dt = —4@ 4)

Fig. 3 Nonoptimal controller performance in low dis-
turbance torque environment.
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Fig. 4 Nonoptimal controller performance in high
disturbance torque environment.

Hence
6dd = —édo (5)

Integrating over the trajectory in Fig. 5 from point (A) to
point (B) provides the solution for w. as

we = (260p)1/2 (6)

ws, the desired rate after the control pulse, is a function of the
bias acceleration, §. The value of 8 is a constant, to be
chosen as a function of the controller attitude deadband and
other requirements of the vehicle and mission, such as the rate
of change of the plant parameters and bias torque environ-
ment.

The real time computation of ¢, requires measurements of
f and wi. A two threshold mechanization is necessary, on
each side of the controller attitude deadband, to make these
measurements in the design environment. The thresholds
and the time intervals used for this purpose are identified in
Fig. 6.

For the purposes of the theoretical development it is as-
sumed that an initial parabolic vehicle trajectory occurs
within the controller attitude deadband. This trajectory is
described by 0(f) = —0x + 6 — 612/2. Note that in the
general case, the initial rate, 6y, is the same as ws, the initial
rate following a control pulse. The two vehicle crossings of
the threshold — (8 — 6.) are described by

0. = wot, — 51502/2 (73)
0. = woltc + ¢:) — 6@t + )%/2 (7b)

Under the design constraint of a constant bias acceleration
the vehicle trajectory is parabolic and symmetrieal, in which
case it is observed that {, = {. and w1 = ws where w; is the rate
immediately before the pulse occurring at the end of the
trajectory. Then

0. = wit, — 8t,2/2 (8a)
0. = wilte + t:) — 6t + 1.)%/2 (8b)
Solving simultaneously for w, and 8, we obtain
0 = 20./t,(t, + t:) ©
w1 = Ou(t + 2t0)/tots + ) (10)

Equations 9 and 10 provide an exact solution for the constant
bias acceleration and the vehicle rate preceding the control

pulse from the time measurements between threshold cross-

ings, t; and t,, and the constant 6, which is determined by the
separation between the thresholds.
Computation of the control variable may now be carried

out as
1 [t + 20) 0r0. \\*
fon = a [ tot: + to) + (t,, ¢+ to)> ] an
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Fig. 5 Vehicle trajectory following a control pulse.
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Fig. 6 The two threshold system mechanization.
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" To achieve the adaptive capability desired for optimum per-
formance over the mission life (or to correct for any error in
calculations of the initial plant constant) a new value of the
plant constant is computed following each control pulse.
After the control impulse, the expression for the vehicle tra-
jectory is 0(t) = —0u + w't — 612/2, where w,' is not neces-
sarily equivalent to w;, which denotes the value required for
optimum performance. Atf = ¢,

b = wo't, — Bt.2/2 (12)

and
w' = 6./t + Bt2/2 (13)
The control acceleration may be described in terms of w.” as,
o = (Jon| + |w2’[)/ton (14)

a’ is the new value of the plant constant to be computed
after each control pulse, and the computation in terms of the
preceding t,., angular constants, and measured time intervals
is
0. | &+ 2,
o = 2= [_(i_) (15)

1
_ton to (it+t0)+t—:+

tC
to (b + to):l
The control law equations describing the adaptive mode
operation are given by Egs. (11) and (15).

The Return Mode

The attitude deadband may be crossed during acquisition
of the adaptive mode, or during the adaptive mode operation
under conditions of rapidly changing bias torques, or when
significant plant parameter changes occur. A return mode
thrust pulse is then used to maintain the required attitude
accuracy. Whenever this occurs, an alternate method is re-
quired to compute f,.. Each time a return mode thrust pulse
is used, the fuel efficiency is degraded, so the major objective
of the return mode operation is to reacquire the adaptive
mode. This is done by reducing the absolute value of the
vehicle angular momentum with the return pulse, until a
parabolic trajectory is caused by the bias torque environment.

The equation for the return mode t,, is

ton = 1.56./ o, (16)

In a zero bias torque environment, this equation effectively
reduces the absolute value of vehicle rate by a factor of 0.5
each time the vehicle crosses the attitude deadband. The
angular momentum would theoretically be reduced to zero in
the limit, however, physical thrusters have a minimum on
time, so a minimum vehicle angular momentum also exists.
In the practical situation of a finite bias torque environ-
ment, successive deadband ecrossings, followed by thrust
pulses as computed using Eq. (16), result in an initial para-
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Fig. 7 Return mode acquisition sequence.
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Fig. 8 Parallel system mechanization.

bolic trajectory such as that shown in Fig. 6. This acquisi-
tion sequence is illustrated in Fig. 7. After the initial para-
bolic trajectory occurs, the adaptive mode is capable of con-
trolling the vehicle with high efficiency.

No new values of the plant constant may be computed after
return mode pulses and the system has no adaptive capability
in this mode. Thus, « is computed using Eq. (15) only after
an adaptive mode pulse has been executed as obtained from
Eq. (11).

The Backup System

A parallel system is needed to provide the capability to
acquire the controller attitude deadband with a reasonably
low vehicle rate. This parallel system might also be used to

provide vehicle maneuver capability, but the present discus-

sion is limited to acquisition of the adaptive attitude controller
limit cycle from relatively high attitude and attitude rate
€rrors.

The configuration of the adaptive system and one such
parallel backup system, with the thrusters and vehicle, is
shown in block diagram form in Fig. 8. The gains K;, Ko,
and the lag time constant 7' are chosen proportional to the
adaptive controller attitude deadband and the position and
rate errors to be within acquisition range. In addition, the
thruster on signal must command a minimum thrust pulse,
such that the resulting attitude trajectory crosses the inner
threshold level, = (8, — 6.), under the worst-case high bias-
acceleration conditions. This assures acquisition of either
the adaptive mode or the return mode from initial conditions
within range of the backup system.

LEAD-LAG
SWITCHING
LINES

ADAPTIVE
SYSTEM
THRESHOLDS

INITSAL
CONDITIONS

Fig. 9 Backup limit-cycle acquisition sequence.
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A phase-plane diagram of a typical adaptive limit cycle
acquisition sequence is shown in Fig. 9. The bias accelera-
tion is assumed in the positive direction. The scale and slope
of the lead-lag switching lines are determined by the magni-
tudes of K; and K.. The dotted lines represent the attitude
thresholds of the adaptive system, and the thruster on and off
points are indicated.

Simulation of System Performance

The adaptive attitude controller performance was eval-
uated using a digital simulation of the controller and the con-
trolled vehicle in a closed loop. A set of test problems was
selected to demonstrate the controller capability under a wide
range of spacecraft environmental conditions as well as show-
ing the adaptive capability of the controller in the presence
of plant changes. The final test problem simulated demon-
strates control over a sinusoidal bias acceleration profile
representative of that encountered in a synchronous, twenty-
four hour orbit. The vehicle and control system parameters
were chosen as representative of those for an advanced com-
munications satellite in a synchronous orbit. I, = 1000
slugft%, 7' = 0.2 Ib-ft, 6, = 0.1°, 6. = 6x/5, [6] max =
(10~ rad/sec?, and || max = 7.3 (10722) rad/sec?.

The system performance is evaluated with respect to fuel
efficiency by comparing the fuel used by the adaptive system
with the minimum fuel required to cancel the bias accelera-
tion disturbance, computed for the total time simulated in
each case. The total momentum represented by the ideal
fuel expenditure is

-

- -
T3 b = [ |6w]a 17
or

™ b = 1/ [ 1600)]de 18
3t = Ve [ Ji0) 18)

The actual Zt,., which is found by simulating the system
performanece for the corresponding conditions, may then be
compared to the ideal, providing a direct measure of system
fuel efficiency. The actual total may be less than the ideal in
some cases since the disturbance may cancel itself between
controller operations with an on-off type controller.

The system performance is also evaluated for each thruster
operation on the basis of how near the actual vehicle trajec-
tory is to the desired parabolic trajectory.

Constant § Case

A constant bias acceleration (§ = 1077 rad/sec?) was
acting on the vehicle in the first case. The control ac-
celeration, or system gain, which was initially programed
mto the controller was identical to the actual value deter-
mined by the vehicle moment of inertia and thruster torque.
A 259, reduction in this control acceleration was programed
to occeur with the twelfth controller operation. This sudden
change might represent a degraded thruster level or an in-
crease in vehicle moment of inertia.

After the first adaptive mode pulse, the performance was
optimal, indicating that under a constant bias acceleration
disturbance, the adaptive mode computation is exact. Opti-
mal performance was maintained until the gain change occurs
with the twelfth operation. The performance was degraded
for only one operation and then returned to optimal by the
adaptive gain computation of «, which immediately computes
the exact new gain.

The fuel required in this case wag identical to the ideal
during the adaptive mode operation, since there was no
wasted fuel due to return pulses. The thruster firing fre-
quency has been minimized for the time when optimal per-
formance was maintained.
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Constant § Case

A constant rate of change of bias acceleration was the dis-
turbance environment for this case. This shows the capabil-
ity of the controller to operate efficiently in a rapidly changing
bias acceleration environment, even though it is designed to
operate in a constant bias acceleration environment. The
bias acceleration starts at a value much larger than the maxi-
mum expected for the advanced communieations satellite (§
= 107% rad/s?), and goes through zero at a constant rate
which is much higher than any rate of change of bias accelera-
tion expected (§ = 0.2 X 109 rad/s?).

The initial value of gain programed in the controller was
50% higher than the actual control acceleration when the
simulation began, so the result of the first controller operation
was far from being optimal. However, the system gain was
correctly computed immediately following this first operation.

Very little error is introduced into the gain computation by
the changing bias acceleration, although the computation was
not exact. The error in the f,, computations was observed
as a varying error from the optimal. In a decreasing bias
acceleration environment, the t. computations are longer
than desired, and the vehicle attitude tends to overshoot the
optimal. In the increasing bias acceleration environment the
computed £, is too short and the vehicle attitude does not
reach the optimal. The error increases as the absolute value
of bias acceleration decreases. In the time period when the
bias acceleration passed through zero, the vehicle crossed the
attitude deadband due to the large errors and return pulses
were required.

Excess fuel was used, but very little for the extreme case of
bias acceleration disturbance which this case represents. The
thruster firing frequency was nearly minimized for this case
over the major portion of the assumed disturbance. The re-
turn pulses experienced in the time period when the bias ac-
celeration passed through zero are unavoidable because the
system control law is invalid in this region. The extra
pulses do not seriously degrade the thruster firing frequency
in a real mission environment since the bias acceleration dis-
turbance does not generally pass through zero, or reverse
direction very often.

Simulated Mission Prefile Case

The bias aceceleration disturbance for an advanced com-
munications satellite in a synchronous orbit was approxi-
mated by () = (10~7) cos¢t where ¢ = 7.27 (10~%)rad/sec
for a 24 hr orbit. The system maintained near optimal per-
formance over the range of the disturbance, having some dif-
ficulty in the region of zero bias acceleration. Control was
generally maintained through zero-crossings using the return
mode, however, it could happen that the computed thruster
pulse was not large enough to make the vehicle cross the (6
— f¢) attitude threshold, and thus it was not possible to
measure any of the times between thresholds necessary for
computations. The backup system must provide control in
this instance for reacquisition of the adaptive mode. The
fuel efficiency was nearly ideal over the assumed disturbance.
The thruster firing frequency was also minimized through
most of the simulation.

Summary

The system control law provides optimal control within the
design environment of a constant bias acceleration. Near-
optimal performance is maintained in a general, but realistic
environment, where the controller parameters are sized for
the vehicle and mission environment, and a suitable backup
system is present to provide stable convergence to the de-
sired limit-cycle.

The system performance is degraded whenevera return mode
pulse occurs, or when the backup system is required. This
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degradation may occur whenever the rate of change of bias
acceleration is so high-as to make the absolute value of bias
acceleration change by a large factor between consecutive
thruster operations. This occurs when the bias torque dis-
turbance passes through zero while reversing direction.

The adaptive capability of the system control law is precise
in following the actual plant gain, even when performance is
degraded due to a rapidly changing environment. The ad-
vantage of having this adaptive capability would be realized
on an extended satellite mission as substantial fuel savings
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and increased system reliability due to the reduced number of
thruster operations.
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A Spacecraft-Based Navigation Instrument

for Outer Planet Missions

TaoMASs C. DUXBURY*
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This article presents the results of an analytical study of various spacecraft-based data that
could be used to improve solely Earth-based navigational accuracies when approaching or
orbiting outer planets. Measuring the celestial directions to outer planet natural satellites
can supply the needed navigation data. The satellite motion can define the celestial direction
to the center-of-mass of the outer planet-satellite system more accurately than can be deter-
mined from viewing the planet itself. An instrument similar to science television cameras
used on the Mariner Mars missions would be suited to produce this spacecraft-based data by
viewing satellites and reference stars simultaneously. A description of an instrument pro-
ducing these measurements (accurate to better than 5 arc-sec) and the applicability of these
spacecraft-based data to a Grand Tour mission are also presented.

Introduction

HE positions of the outer planets during the 1970’s
and 1980’s make varicus multiple-outer planet missions
possible within the expected launch vehicle capabilities.l.?
Of particular interest among possible future missions is the
rare opportunity (once every 171 years) to launch spacecraft
which would encounter Jupiter, Saturn, Uranus, and Neptune
during a 9-13 year mission lifetime. Such outer planet
missions require multiple trajectory correction maneuvers to
insure the desired planet encounters. Limitations of
Earth-based radio navigation capabilities at the great dis-
tances involved have led to an emphasis on developing a
spacecraft-based navigation data source.®* Spacecraft-
based data in conjunction with Earth-based radio tracking
allow more accurate control of the planet approach trajectory
which significantly decreases the amount of spacecraft weight
needed for trajectory correction purposes, increases mission
performance, and increases the probability of mission success
over that obtainable using Earth-based radio navigation
only.
Radio tracking data combined with Earth ephemeris data
would be used to determine the heliocentric state (position
and velocity) of a spacecraft. KEarth ephemeris uncer-
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nology, under Contract NAS 7-100, sponsored by NASA.
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tainties, tracking station location uncertainties, uncalibrated
charged particle effects, and other data noise would be the
major sources of error degrading the determination of the
heliocentric spacecraft state when using only the Earth-
based data. The determination of the target-centered
spacecraft state would be degraded by this heliocentric state
uncertainty and the target ephemeris uncertainty when out-
side the target sphere-of-influence. It is expected that
Earth-based radio navigation in the mid-1970’s would have
the capability of determining the target-centered spacecraft
state during planet approach to 0.1 arc-see (3¢) in geocentric
right ascension and declination. These uncertainties map to
a spacecraft position uncertainty of 500 km at Jupiter and
3000 km at Neptune. Augmenting the Earth-based naviga-
tion data with spacecraft-based data could reduce the target-
centered, spacecraft position uncertainty to ~400-1000 km
(30) during the approach to these same planets.

This article discusses the desired information content of
the spacecraft-based data and the difficulties associated with
obtaining the data. Spacecraft-centered measurements of
the direction to the planet center-of-mass supplies the needed
trajectory information lacking from the Earth-based radio
tracking data. The gaseousness of the outer planets, and
the rings of Saturn makes the accuracy of planet center de-
termination from planet limb measurements questionable.
Fortunately, these gaseous planets have many natural
satellites whose orbital motion can be related directly to the
center-of-mass of the planet-satellite system. A television
type instrument which would image these natural satellites
and reference stars simultaneously to produce the desired
navigation data is discussed together with the application of
this data to the Grand Tour mission. The instrument re-



